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me  transonic  longitudinal zerodyxemic characterist ics of a fighter- 
* tme airplane model have been obtained fYm t e s t s   i n   t h e  Langley 16-foot 

transonic  tumel. The resul ts  of the  investigation  provide some general 
information  applicable to  the  transonic  properties of thin,  low-aspect- 
ra t io ,  unswept-wing configurations  utilizing a high  horFzontal t a i l .  
The model employs a horizontal tail mounted zt the top of the   ver t ice l  
t a i l  and a wing with an aspect  ratio of 2.5, a taper   ra t io  of 0.385, 
and 3.4-percent-thick airfoi l   sect ions.  

The l i f t ,  drag, and static  longitudinal  pitching noment were meas- 
ured at Mach numbers from 0.80 t o  1.w and angles of attack frm -2.5O 
to 22.5O. Sone of the dynamic loagitudinal  stabil i ty  properties of a 
full-scale  airplane have been  predLcted from the test results.  In addi- 
t im, some visual 210~ studies on  t'ne  wi-ng surfeces  obtained at Mach 
nun5ers of 0.80 arld 1.00 are included. 

Results of the investigation show that the  trvlsonic rise i n  drag 
coefficient a t  zero lirt is  about 0.030. 

A t  high  engles of  attack,  the  Eodel beccmes longitudinally  unstzble 
zt Mach r?u;nbers fron 0.80 t o  0.90, whereas a reduction i n  'static s t a b i l i t y  
i s  experienced when very  high .zngl.es of  a t tack are reached at Mach numbers 
above 0.90. 

Longitudinal  dyllmic  stEbility  calculations show tha t  tine longitudi- 
I na l  con-trol i s  good at angles of: attack below the  unstable  break  in  the 
, s t z t i c  pitching-mm-ent curves,  but E ty-pical  corrective  control  apylied 
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after the occxrrence of neutral   s tabi l i ty  has l i t t l e  effect   in   aver t ing 
pitch-up. 

INTRODUCTION 

Airplane  designs  incorporating  thin,  low-aspect-ratio, unswept wings 
represent one type of configuration  being  considered for supersonic flight 
and high  subsonic  cruising  speed. It is, therefore,  desirable  to  obtain 
performance and stabi l i ty   character is t ics  of an airplane m o d e l  with these 
design  features at subsonic,  transonic, and supersonic Mach numbers. 
Accordingly, a program has been in i t ia ted  by the  National Advisory 
Committee for Aeronautics fo r  the purgose of determining the  longitudinal 
and la teral   character is t ics  of a model incorporating a wing with an 
aspect r a t i o  of 2.5, a taper   ra t io  of 0.383, modified  biconvex a i r f o i l  
sections with a thickness r a t i o  of  0.034, an unswept 0.72-chord l ine,  
and 10' negative  dihedral. Subsonic  performance and s t ab i l i t y  informa- 
t i on  and some of the  supersonic  characteristics are reported in   r e f e r -  
ences 1 and 2. 

Tests have beep conducted i n  the Langley 16-foot  transonic  tunnel 
fo r  the purpose  of investigating the transonic  longitudinal and lateral 
characterist ics of the mociel. Results of the lateral investigation are 
presented in  reference 3. The present  report  Includes the longitudinal 
characterist ics of the model both with and without a tkrooped w i n g  leading 
edge,  wing-tip tanks, dive flaps, and an auxiliary  horizontal ta i l .  
Tests of the  auxiliary tail configuration were included because an ear- 
l ier   invest igat ion of a similar model Indicated tha t  a reduction i n   t h e  
horizontal-tail  effectiveness  occurred at high  angles of attack and 
caused an undesirable longitudinal  destabilizing tendency. An analysis 
of same of the dynamic longitudinal.  properties  based on the present test 
results,   applied  to a full-scale  airplane  similar  to  the  present model, 
i s  included  herein. 

The model w a s  tested &t Mach numbers from 0.80 t o  1.09 and angles 
of attack from -2.5' t o  about 22.5O. The Reynolds number based on wing 
mean aerodynamic chord varied frm 2.8 X 10 6 t o  3.3 X lo6. 

SYMBOIS 

All coefficients are re fer red   to  the s t ab i l i t y  system of axes with 
the  origin on the 0.23-wing mean aerodynamic chord. 

t 
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l i f t  coefficient, - Lif t  

drag coef Ticient , 

Gm pitching-tnmect  coefficient, 
Pitchicg moment abaut mean aerodynamic quarter chord 
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PO 

free-stream  dpamic pressure , lb/ft2 

w ~ n g  area,   f t2 

mean aerodynamic chord, gs,”” c2ay, f t  

wLng chord a t  any spmwise  station, ft 

l a te ra l   d i s tance  neasured  perpendicular t o  pkme OT 
syrmet-ry, ft 

longitudinal  distance measured from nose of fuselage, f.i; 

Lo_n_gi-Ludinal d i s tmce  measured i’rm wing lealing edge, f t  

body length, f t  

cross-sectional  area, T t 2  

Reynolds Ember  based on E 

free-strean Mech  number 

l i f t  -drzg r a t i o  

base  pressure  coefficient, q-J - Do 
q. 

stat ic   pressure  a t   base of fuselage, lb/ft2 

free-stream stat ic   pressure,   ro/f t2  
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internal  mass-flow r a t i o  "Po 
a angle of attack of model (f'uselage  reference  line), deg or  

rsdians 

effective angle of horizontal  tail  wlth  respect t o  the local  

f l o w  direction, 

E effective downwash angle at horizontal tail, a + it - at, 
deg 

it horizontal  tail  incidence with resDect t o  sfuselage reference 
l ine,  deg 

m' 

P 

v 

T1/2 

t 

0 

V 

airplane m a s s ,  g slugs 

acceleration due t o  gravity,  ft/sec2 

t a i l  length,  longitudinal  distance between 0.23-wing mean 
aerodynamfc chord and 0.25-tail mean aerodynamic chord, f t  

density of air, slugs/ft3 

free-stream  velocity,  ft/sec 

time t o  damp longitudinal  oscil lation  to 1/2 amplitude, sec 

t i m e ,  sec 

angle between airplane  reference axis and the  horizontal, 
radians 

2 
pv, SE 

2=Y 
dynamic-response parsmeter, , rdians/sec2 

. 
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Vl in i t ia l   ve loc i ty  upon entering maneuver, ft/sec 

=Y longitudinalnment of ber t ia  about center of gravity, 
slug-ft2 

7 t h e  factor, A- sec 
PSVlf 

% 
&E/2V 

damping derivative, 

damping derivative, %l 
% e/2v 

KY dimensionless radius of gyration, (p 
Differentiation  with  respect t o  tlme is designated by means of a 

dot  or double dots above the dependent variable. 

DESIGNATION CIE' Cc%IpOiKEZIi 

The configurations .me designated by use of the following symbols : 

W wing 

N drooped leading edge 

F fuselage and canopy 

V ver t ica l  tail and dorsal   f in  

H horizontal tail (subscrLpt  designates t a i l  incidence in  
degrees) 

E modified afterbody with in l e t  ducts f d r e d  

El modified  afterbody with inlet  ducts open and low internal 
flow 

E2 modified  afterbody with inlet  ducts open and high internal 
I f l o w  

Dl dive  flaps on side of fuselage (number following denotes 
deflection  angle  in  degrees) 

" 



D2 dive flaps beSe&Yn fiselage (l?umber following  desigaates 
deflection  angle  in degrees ) 

D3 

=A euxiliavy  horizontal   tai l  at it = -2.5' 

dive  flaps  beneath  f'uselsge wtth shell   deflector edded 
(number following  decotes  deflection angle i n  degrees ) 

T wing t i p  tanks 

MODEL AMI APPAFUITIJS 

Mode 1 

The model has z cast alusrrinum-slloy fuselage and a machined s t e e l  
wing md t z l l  e s s m . l y .  A three-view  sketch of the  basic model including 
princiFal dimensions is presente6 as figne l( a), md photogrephs of the 
model and sting-support system &re show- in   f igure 2. The axial distri- 
bution of  the cross-sectional =ea is  shown in  f igure 3. 

The wing has no gemetr ic  t w i s t  o r  incidence  but  has 10' negative 
dihedral. For xost  configurations  tested,  the forward 15 percent of the 
w i r g  was drooped 30. 

The Tadel was tes ted with and without internal  air 910~. For tests 
without a i r  flow, the  duct  inlets were replaced  with nzetal fairings as 
shown ln figwre l (b ) .  For tests with flow, the  air-flow  quantity  through 
t2e model was adjusted by the   ins ta l l s t ion  of one of two dffPerent wire- 
mesh tkrott l ing  screens  in  the air  ductir4  syste?.  In order t o  provide 
a sEfl"iciently large J e t  exit, the internal  sir flow was ducted  tkrough 
a nodified afterboiiy  sassage  installed  benezth  the  fuselage as shown i n  
"ignes 1(5) and 2(a) to   2(d) .  

In  addition t o  t e s t s  of the  basic  configuration, t he  model w a s  
tested w i t h  wing-tLip tar-kAz dive fless, and an auxiliary  horizontal tai l .  
(See f igs .  l (b )  ard 2(b)  to  2(e). ) Table I gives a l i s t  of the various 
configurations  tested. 

W e  t i p  taaks have a circular  cross  section, 1.716 inches rneximmn 
diameter, a figeness r&,tio of L2.1, a d  were rrounted symmetrically  with 
resnect t o  the wing chord s l m e .  

Two different dive-fla;, configurattons were tested; one consisted 
o r  two f l q s  (Dl), one opening outwa;rd fran ea& side of the  fuselage 
at the 78.7-gercent  fuselage stztion, whereas the  other  consisted of 



I 
two f l ~ p s  (D2) located st the 52-percent fuselage  station mounted 30° 
up from the  plane 02 spmetry. For both configurations,  the area of 
each flap is O.O3&l square  foot,  md  the  deflection from the  closed posi- 
t ion  was 60° f o r  the  flaps mounted zt the 52-percent  f'uselege station 
and both 30' and 60° f o r  the flaps mounted on the side or" the  fusehge. 
For one group of runs with the flaps at the 52-percent fuselage  station, 
a small shell der"1ector was placed ahead of each flap as would be  required 
on a full-scale airplaae t o  protect  the  flaps frm ejected  cartridges. 

The auxiliary  horizontal t a i l  was; mounted on the fuselage  referace 
l ine et 2.5O negative  incidence. The exposed mea of tlzis tail is one- 
half the  area of the main horizontal tail, and the t q e r  r a t i o  of the 
exposed panel i s  0.281:. 

Apparatus 

* The t e s t s  were conducted i n  the Langley 16-foot transonic  tunnel 
which has an octagonal  slotted  throat  permitting a continuous  speed 
var ia t ion  to  Mach numbers slightly  greater  than 1.00. A complete descrip- 
tion of the  tunnel is given in  reference 4. 

The sting-support system, described in reference 5 ,  is designed so 
that the m o d e l  is located  near the tunnel  center  line at a l l  mgles of 
attack. 

Forces and moments were  measured  by use of a six-compofient s t r d n -  
gage balance. Two static-pressure orifices were located i n  the rear of 
the model for  measuremerb of base  pressures. A rake  consisting of 
2 s ta t ic   o r i f ices  and 14 total-pressure  tubes w s s  installed  in  the  plane 
of t he   j e t   ex i t   t o  determine the internal mess flaw when the  inlet  ducts 
were  open. 

TESTS AM) ACCURACY 

Tests 

Sb-ultaneous measurements of forces and moments were obtained  for 
the various con-figurations l i s ted  i n  table I. The  Mach umber and angle- 
of-attack ranges  covered by the tests are g5.ven in   table  I and the varia- 
tion of test Reynolds number, based on Mng mean aerodynamic chord, is 
shown in  f igure 4. 
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Corrections aod Accuracy 

The  Mach nunber i n  the test   region i s  believed t o  be  accurete t o  
*O.CO? (ref. 4 ) .  Aa d j u s k e n t  t o  t'ne model mgle  of attack for airstream 
misalinetnent was determined frm t e s t s  of the model upright and inverted. 
The  az@e of attack was also  corrected for s t ing  end balance de f l ec ' i  'c ons 
and i s  estimated t o  be  accurate t o  kO.lo. 

!The model chordwise Torce wss zdjusted to  the  condition of free- 
stream stat ic   pressure at the model base. The drag-coefficient  data were 
corrected for the  internal-flow  drag  for  the tests conducted wi th  internal  
flaw. A correction  to  the pitching-moment coefficients was applied  to 
eccount for the reaction t o  the chmge i n  momentum o l  the   in te rna l   a i r  
flow i n   t h e  model  ductir.... system as a resu l t  of the  modified  afterbody. 

No a t t e . ? y t  has been nede t o  &j-Jst the date. fo r  the effects  of sting 
interference or  xodel  aeroelastici-ly. 

The deta at tke low sEpersonic Mach xm3ers  are  affected somewhat 
by 'ooundary reflected  disturbexces  hpinging 03 the model. It has been 
estirmted  that  the  present  nodel  in the kngley 16-foot t rmsonic  tunnel 
should be free of a l l  such disturbances a t  Mach cuxbers above about 1.07. 

01._ the basis of balance accslracy a?-d repeataisility of the data, the 
aerodynamic coefficiezts are e s t h a t e d   t o  be accurate to   t he  following 
limits : 

CL = tO.00~ Cm = fO.002 

RESULTS 

A l ist  of  t'le various  configurations  tested is presented in   t ab le  I. 
L i f 5 ,  drag, m& pitching-nmert da?a for  each of  these configuratiom  are 
presented  in  figures 5 t o  L9. The vari&-tion of msss-flow r a t i o  with angle 
of =%tack and. Xach  number is ?resented i n  figure 20 for  the node1 with 
t'ne t w o  differen5  duct  Throttling  screens. Tne higher mess-flow r a t i o  
apgroxinlates +,lie reqilirement cf a comparable a i rplane  in   level   f l ight .  
T!e base gressue   coef f ic ie r t s  given Ln figxre 21 for the  basic  config- 
mation  are  included  for  the  purpzse of  showing tlc-e effect  of angle of 
attack and Mach  number  on base  -presswe.  Addition of the  modified  after- 
body am3 variation ir, mass-flcw rekio also influenced  the magnitude of 
the  base  pressures. These effects are shown in   f igure 21 by some typical  
curves at 0.8 Kach mmber . 

Corrections to   t he  L i f t ,  drag, md pitchirg-moment resu l t s  for the 
e f f e c k  or' the xodified ar"t;erbody  were de t emhed  fram tae  data  obtained 



9 

during t e s t s  of the model with no in t e rna l   a i r  flow with and. wi-thout the 
af terbow modifica-lion. These corrections were determined for the  model 
with the   hor izonta l   t a i l  at zero  incrdence and, therefore, have been 
asglied on ly  t o  the  results  contained  in the analysis  fcgures (ITgS. 22 
t o  33) where data  for t h i s  configuration were utFlized. 

DISCUSSION 

Perfornance Data 

Basic  nodel.- The eZfect of Msch  number on beg coefficient E t  con- 
stvlt values of l i f t   coe f f i c i en t  i s  given in   f igure  22 f o r  the complete 
model with high  nass flow through  the  ducts and the wing lehding edge 
drooped 3 O .  Tnese data axe corrected for the   effects  of the  nodified 
afterbody. The deshed portions of the curves are estwated  I 'airings 

turbm-ces m-d model support  interferences. The zero-lift  trensonic rise 
i n  drw coefficient for t'ne complete Eodel is about 0.030 as carnpmed 
w i t h  the  value of about 0.016 for  a research model employing a thin, 
low-aspect-ratio, unswept  wing md s. body of revolution with no t a i l  
sizrl"aces ( re f .  6).  Inspection of the  datr. fram the present  tests  (see 
f ig s .  5 cad 6) indccates ths t  Yne horizontal md ver t i ca l  taLl of the  
:resent model coxtribute about half this difference ia drag r i s e ,  whereas 
at leas t  p a t  of ti?e other  half can 9ro'l;Ebly be e-ltributed t o  the   d i f fe r -  
ence i n  the longitudinal  distribution 02 cross-sectional area existing 
bekween the two models. It is, therefore,  possible thzt some reduction 
i n  drag  r ise  might be  realized by zpplicetion of the concepts of area 
distribution  as  outlined io reference 7. Hovever, the performance gains 
which would be realized by E. reduct ioo  in   the  drq-r ise   coeff ic ient  would 
probably  not  be  very  large  because of the anall airplane wirg area. 

. based on t'ce data  md comiderations of wind-tunnel-wall reflecked  dis- 

Increasing t'ne l i f t  coefficient frm 0 t o  0.40 at subsonic  speeds 
increases  the drag coefficient from about 0.014 t o  about 0.0h-0 ( f ig .  22). 
This increase  in drag is crmmensurate -xi.t'n that  obtained f o r  the wing 
and body cmbinstion of reference 6. 

The s l igh t  decrease ir, drag coefficFent Eoted at a Mach  number of 
about 0.90 ( f ig .  22) 5s probably  zssociated with the  location of the 
m z h  wing shock. A s  pointed  out io refereme 8, the main wing shock 
moves rearward  with  increasizg Mach number, and e, s l igh t  drag reduction 
m s y  ex is t  when the shock i s  i n  the v ic in i ty  of the wing maximum t h t c h e s s .  

The variatlon of l i f t  coefficient w i t h  engle of s t tack  f o r  the besic 
model (Figs. 5,  11, &nd L2) shows tiiet t i e  l if t-cume  slope  imreases with 
increasing lift through the moderate mgle-ol-attack range a t  Mach numbers 
up t o  ebout 0.975. This increase in slope is apparently due t o  a rearward 
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movement of the mein  wing shock with increasing  angle of attack, which has 
been  observed  previously on a  thin,  unsvest wing ( ref .  8). At Mach  num- 
bers above about 0.975, the main wing shock is probably  located at the 
wing t r a i l i n g  edge a t   a l l  angles of attack and, therefore, an increasing 
lift-curve  slope  with  increasing l i f t  no longer  exists. 

Very high l i f t  coefficients were attained at Mach numbers from 0.95 
up.  (See f ig .  7. ) A t  these Mach numbers l i f t  coefficients of the order 
of 1.5 were reached at an angle of attack of 22.5O which was the limiting 
angle  of  the tests. A t  lower Mach numbers, s t a l l i ng  begins a t  much lower 
angles of atteck which would apparrently r e s u l t   i n  considerably lower m a x i -  
m u n  l i f t  coefficients.  

A s  can be  seen in   f igure 23, the e f fec t  of the drooped leading edge 
on the l i f t  coefficient  at  (L/D),, was small at Mach numbers  up t o  
about 0.94. Also, no appreciable  differences  in lift characterist ics o r  
angle of zero lift exis t  for  the model w i t h  and wlthout the 3 O  droop. 
(See f i g .  6. ) An increase  in (L/D)II?ax of about 19 percent was realized r 

a t  a Mach  number of 0.80 by u t i l i z ing   the  3' droop (f ig .  23). The improve- 
ment diminished as the Mach  number  was increased. A t  a Mach number of 
0.87, a  reasonable  cruising speed f o r  an airplane of this type,  drooping 
the  leading edge showed an increase  in  (L/D)- frm about 9 .O t o  10.2 
(13 percent ) . The values of l i f t d r a g  r a t i o  for the m o d e l  with the 
drooped leading edge are about 19 percent below the values for   the  unswept 
wing and body cmbination of reference 6 at Mach numbers  up t o  1.0. It 
should  be  pointed  out, however, that the values  presented in figure 23 
were obtained from the complete model  which includes  the  effect of the 
t a i l  assembly. A t  Mach numbers  above 1.0, the l i f t d r a g   r a t i o s  are sane- 
whzt i n   e r ro r  because of wind-tunnel-wall ref Lected disturbances,  but 
the campasison, which shows about a 7-percent increase as a resu l t  of the 
drooped leading edge, should  be valid. 

In  order  to  study  the  behavior of the flaw i n  the boundary lwer, 
instantaneous  photographs and motion pictures of the model were obtained 
during sone t e s t s  utilizing tufts and the  liquid-film flow  technique 
which is described in  reference 9. Some of the photographs taken at 
Mach numbers of 0.80 and 1.00 at moderate and high  angles of attack axe 
presented i n  figure 24. At; a Mach  number of 0.80, only a small  region 
of separation is  evident a t  7.7' -Le of attack  as  revealed by the 
behavior of the t u f t s .  This region is confined to   the  vicini ty  of the 
shock across  the wiag  located at about the 20-percent-chord stations.  
The presence of the shock i s  revealed by the  discontinuity of the  liquid- 
fi lm Tlow on the wing. When the  angle of attack is increased t o  8.8O 
(approximately the  angle  at which the  lift-curve  slope  begins  to  decrease), 
the f l o w  is  separated Over nearly  the  entire wing as can be seen by the 
errat ic   nature  of the   tu f t s .  Movies of the  liquid  film show tha t   the  wing 
boundary-lqer flow at angles of 8.8O and above describes a rotary motion, 



moving outboard over  the  portion ol" wi-q behind  about the 30-percent root 
chord s ta t ion   un t i l  it reaches approximatelly the midsenispam, then m o v i n g  
forward toward the  leading edge and finally along  the forward portion of 
the wing inward toward the  juncture of the  leading edge and fuselage. As 
the angle of attack i s  increased  further, no general change in  the boundary- 
lqyer flow occurs; that  is, the f lov  rernaios separeted over the  entire wing. 

The liquid film and tur"ts show tb&, at a Mach Tlumber of 1.00, no 
large  meas of separated flow appew on the wing at .€my an-ile of attack 
up t o  22.2', the m e x i n u n  angle  attained. Sane leding-edge  sepmation 
apsears at angle of attack of about 8'; however, the flow recttaches 
just  behind the  sepazded  region. As the angle of attack is increased, 
the  separated area exF.znds chordwise on the  wing  and appews to extend 
t o  about the 10-percent-chord sta-lions at the  highest  engle. 

Effect of t i p  tm&. - With the wing-tip fue l  tEtrllrs instzlled on the 
model the l i f t  curves became linear at low e.nd Eoderate  angles of &tack 

(See f ig .  11. ) Sirce %he tanks are located  such  that the  model cross- 
sectional  area is  increased  considerably ir?. the  region of meximum mea 
(see  fig. 3) ,  the main w5ng shock position remaics fixed with increasing 
angle of attack. 

. where an increasing  slope with increasing an-gle w a s  previously  noted. 

Fne effect  of the t i p  tanks on the model drag i s  presented in   f i g -  
ure 25. A t  zero l i f t ,  the increment i n  drag coefficient  increases frm 
a value of about 0.0025 et a Mach  number of 0.80 t o  ebout 0.010 st a 
Mach  number of 1.0. As the  Lift  coefficiect is increased t o  0.40, the 
effect of the tanks OZI the  drag i s  m a l l  at Mach  numbers  up to about 0.96. 
The increase ic effective  aspect  ratio w i t h  the tanks installed reduces 
the induced drag sufZicientlQr a t  moderate l i f t  coefficients t o  compensate 
fo r  the  increased  profile ana interference drag. 

The m a h u m  lift-dreg ratio w a s  reduced  about 0.9 (8 percent) a t  a 
Mach  number of 0.80 by adaftion of the t i p  tcnks. (See  Tig. 26. ) The 
reduction  dbirdshed t o  a minimum of about 0.7-5 (2 sercent) at a Mach 
number of about 0.95. A reduction of about 0.4 (approx5mately 4 percent) 
w a s  experienced at a Mach nuiber of 0.87. 

Dive-f1q  effectiveness.- Tie effect  of the dive  flaps on the model 
drag coeTficieE-l is presected in   f igure 27. !he flaps loczted at the 
52-percent  fuselage station mounted 30' up 2rom the  plene  of symmetry 
(WIE'~E~D260) - were considerebly more effective  in  increasing the drag 
t'nan the  fleps on the side 0% the Tuselege just  behind the wing 
( ~ E 1 D 1 6 0 ) .  !Be increase  in  drag coefficient due t o  the  flaps  being 
open 600 znd mounted forwzzd  and  below the w5ng w&s about 0.064 a t  the 
lower Mach  numbers and =boat 0.085 at the  higher Mach numbers, whereas 
the  increase dGe t o  the f h p s  being o-pen 60° on the sides of the ITuselege 
w.zs  Eb0u-i; 0.052. It should. be pointed  out th& the  effect  o f  the shell 



deflectors i s  not  included in  the  data of figure 27 obtained from t e s t s  
of the forward  dive-flap  locztion ( WNF&E~D~~O) .  ; however, it can be 
established from the  basic  data tha t  they have l i t t l e  influence on any 
of the model aerodynamic chmacteristics  including  the  dive-flap 
effectiveness. 

Stat ic   bngi tudinal   Stabi l i ty  

Basic model.- The data  presented  in figure 18 for  the model without 
the  horizontal tail reveal a destabilizing change in   the  pitching-moment 
curves at high lift coefficients. It is also  evident  that t h i s  destabi- 
l i z i n g  character is t ic  occurs at higher l i f t  coefficients at Mach numbers 
above 0.90 than at Mach nu-bers  up t o  0.90. In the discussion of the 
liquid-film flow (f ig .  24), it was pointed  out  that a circulatory flow 
existed on the wing at a Mach  number of 0.80 s ta r t ing  at an  angle of 
a t tack of about 8.8O. The direction of the flow along  the wing leading 
edge was inward  toward the juncture of the  leading edge and fuselage 
which suggests that t'ne pressures  in this region  decreased as the angle 
w a s  increased t o  about 8.8O. It is, therefore,  possible  that  the  desta- 
bi l iz ing  break  in   the pitching-moment curves at the lower Mach  number 
w a s  caused by a forward movement of the  center of loading on the inboard 
portion of the wing. Furthermore, the center of loading on the body i n  
the  region  adjacent  to the wing probably moved forward. 

The reasons for the  destabilizing tendency  noted for  the  higher Mach 
numbers at very high angles of attack f o r  the  model with no horizontal 
t a i l   ( f i g .  18) are not clearly  indicated by the flow studies  but m8y be 
associated with the  increasing chordwise extent of flow separation  just 
behind the wing leading edge. as  the  angle of attack is increased. 

A campmison  of the  pitching-mment  data  given i n  figures 11 and l.2 
shows that addition of the  horizontal t a i l  increases  the  severity of the 
destabil izing tendency at a l l  Mach numbers. The variation of C, 
and E w i t h  angle of attack  presented  in  figures 28 and 29, respectively, 
re f lec t   the  reasom for  the aggravated  pitching-tnment characterist ics.  
The rate of  increase i n  downwash with  angle of attack is increasing, 
while hit, which is directly  proportional  to  the  effective dynamic 

pressure at the t a i l ,  has begun t o  decrease at moderately  high  angles. 
Although these  parameters  could  not  be  determined f o r  angles of attack 
greater  than 15O, the  trends show that   the   ver t ical   locat ion of the  hori- 
zontal  tail is unfavorable from the standpoint of maintaining  effective- 
ness at the higher angles of attack. 

it 

The drooped wing leading edge had l i t t l e   e f f e c t  on the s t a t i c  longi- 
t ud ina l   s t ab i l i t y  of the moael (see  f ig.  6 ) ;  however, it reduced the trim 
l i f t   coe f f i c i en t  by about 0.03 t o  0.15 throughout the Mach  number range. 



Effect of t i p  tm&s.- Addition of the wing-tip tanks t o  the model 
caused  a small reduction i n  the trim l i f t  coefficient  (fig. 11). Tine 
greatest change w a s  about 0.10 and occurred at Mach  numbers frm about 
0.925 t o  0.95. The tanks had a stabiuzing  effect  on the model at low 
and moderate Lift  coefficients as can be seen on figures 11, 12, and 31. 
The  more rearward position of the  center of loadfng (fig. 30) indicates 
that  the main  wing shock w a s  probzbly  farrther  back with the t i p  tanks on. 
A l s o ,  the  variation of center-of-loading  position  with  angle of attack 
is less for  the model with the tanks and indicates a smaller chordwise 
t ravel  of the  mdn wing shock with changizg gsgle. 

Effect of auxiliaxy tail.- In an attemp% to  eliminate  the  unstable 
break i n  pitching-mment  curves at high l i f t ,  an auxiliasy  horizontal 
tail was mounted at the fuselege reference  line  with a negative  incidence 
of 2.5O. As shown in figure 18, addition of this tail alone  almost cam- 
pletely eliminated the unstable  tendencies at h i g h  l i f t  which existed 
for  the  basic model with no horizontal tai l .  The low position of the 
t a i l  places it i n  a favorable flow f i e ld  with regard t o  downwash at high 
angles of attack. Furthermore, the  effective dynamic pressure in   t he  
region of the auxiliary t a i l  is probably greater at high angles of attack 
than  exists  in  the  region of the m a i z  horizontal tail. 

The data  presented i n  figures 7 and 19 show that  the  auxiliary tail 
improved the longitudinal  characteristics of the complete m o d e l  (model 
with the main horizontal   ta i l )  at high l i f t  but did not  comgletely e U -  
inate the destabilizing tendency. 

Effect of dive  flaps.- The data  presented  in  figure 13 show that 
the  dive flaps def lected 6oo on the  side of the f'uselage  behind the wing 
(WNFVEIDl&) caused a destabilizing  effect on the model with the horizontal 
ta i l  off. With the  horizontal tail on, the  flaps had a s l ight ly  stabili- 
zing  effect on the model (fig. 15). Appasently, the flaps reduced the 
re te  of  change i n  downwash with increasing angle of &tack  in the  regFon 
of the  horizontal tail. Also, as shown in  f igure 15, deflectips the 
flaps caused a large  increase in the trim l i f t  coefficient. This increase 
varied frm about 0.10 t o  about 0.35 in I A f t  coefficient through the  Mach 
number range. 

The flaps  der  lected 60° in the  location forward and beneath  the wing 
had a stakilLzing  effect on the model with and without  the  horizontal 
tail (figs. 14 and 16). For the tail-on  coafiguration  the  effect of dive 
flap  deflection on the trim Lift coefficient was smaller for  thls flap 
location  than w a s  measured with  the  flaps  located behind the wing  on the 
side of the  fuselage. 
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Consideration of the dynamic behavior  of a full-scale  airplane with 
regard to  the  unstable  break  in  the pitching-mament curves at the higher 
angles  of  attack  suggest the possibi l i ty  of a pitch-up problem. Accord- 
ingly,  longitudinal dynamic stabil i ty  calculations were made at a typ ica l  
Mach  number  and alt i tude  to  deternine the response  of a full-scale air- 
plane to  certain  control  inputs which might lead  to  pitch-up. These 
calculations were n d e  by u t i l i z ing  the simplified equation  of motion 
derived in  reference LO, i n  which the  variation of forward velocity was 
assumed t o  be small i n  order t o  reduce the general system t o  two degrees 
of freedom. Reference 10 shows close egreement between the  resul ts  from 
this  simplified system with  those from the  general  three-degrees-of- 
freedom system. The simplified  equation used i n  the time-history  calcu- 
lations is 

Since the coefficients of this equation were generally  nonlinear, 
solutions were obtained by the Runge-Kutta  method, a method of numerical 
integration  (ref.  11). The data used were fo r  the configuration 
(f igs .  9 t o  11) and  were corrected  for  the  effect  of the  nodified after- 
body, adjusted  to a center-of-gravity  position of 0.15E, and trimmed f o r  
steady  f l ight.  The present   da ta   in   the   s tab i l i ty  system  of  axes are 
zpplicable even though the  equations  are  derived  in terms of the wind 
axes,  since the only two  aerodynamic coefficients  involved, CL and &, 
zre  identical   in  both systenls for zrt unyEwed airplane. The following 
conditions were  assumed: 

Altitude, f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  40,000 
Weight, lb . . . . . . . . . . . . . . . . . . . . . . . . . . .  14,170 
Iy about center of gravity, slug-ft2 . . . . . . . . . . . . . .  40,090 
I n i t i a l  Mech  number . . . . . . . . . . . . . . . . . . . . . .  0.90 
Wing area, sq f t  . . . . . . . . . . . . . . . . . . . . . . . .  191. 

The response of %he airplane t o  a steady rate of t a i l  deflection of 
-0.5O per second i s  shown in  f igure 31. This low velue, which reyresents 
a g r d x a l  pull-up rr-aneuver, w a s  se lected  to  reduce the  inertia  efTects of 
the   a i rp lme wi th  respect  to  the aerodynamic effects  as far as the  possi- 
b le  a?pem&me of pitch-ur, i.s concerned. Since the limit of the deta lies 
j u s t  beyond the  unstsble break i n   t h e   s t a t i c  pitching-aonen-t  curve, the 
mgle-of-attack  response shows only a slight tsntiency to   increase non- a 

l inearly at the  highest angles tested. However, the sharp rise of the 
angular  velocity md acceleration curves  beginning e;t about 13.5' angle 



of attack  indicates that a pitch-up motion has be-, which  would be 
reflected more strongly  in  the  angle-of-attack curve a f te r  same time lag. 
Data at higher  angles of attack f o r  another  configuration  (fig. 7) i rdi-  
cate that the s t a t i c  pitching-moment curve would  become more highly unsta- 
b l e   i f  extended t o  higher  mgles & thereby  aggravating this pitch-up 
Bendency . 

The response of the  airplene  to a steady r a t e  of t a i l   def lec t ion  of 
-2O per second, which regresents a practical   f l ight maneuver, is pre- 
sented i n  figure 32. This figure also shows the response of the aTrplm-e 
t o  a corrective  control  input of 2’ per second eppLfed a t  Eo angle of 
attack, which is typical of several  pull-out maneuvers calculated f o r  
various i n i t i a l  angles of attack less t h a  14O. Good controllability 
i s  i l lustrated by these curves, with the peak -le of attack  being 
reached i n  each case .spproxiumtely 0.5 second after the correction w2s 
applied. The limits of the data precluded  calculation of the ccanplete 
maneuver  when the  corrective  control w a s  applied a t  the  approxilnate angle 
where the static pitching-manent  curve becomes neutrally stable (14Of. 
However, extrapolation of the   s ta t ic  pitching-moment curves  based on the 
data  obtained from tests of the model with ducts  faired  (fig. 7) indi- 
cated thek the airplane would  no longer be controll&le. Although this 
extrapolation  yielded only quelitative  results, the cmsutations  are  felt  
t o  represent the behavior of the  airplane  in view of the fact   that   the 
airplane pitching-mcanent curve would be  expected to resemble closely the 
curve OZ figure 7. 

The short-period  stick-fixed  oscillations of the  airplane  in response 
t o  a sudden disturbance i n  trimned f l igh t  have a l so  been canrputed by using 
the  characteristic pa r t  of equation (1) and substituting cmC,a at trim 
for  G. The period and time to damp t o  1/2 amplitude,  presented in   f i g -  
ure 33, canply with U. s. Air Force  requirements  given in  reference 12 
which specify  that the airpIane must damp t o  1/2 amplitude i n  1 cycle. 

The results of an experimental  investigation at transonic speeds 
t o  determine the longitudfnal aerodynamic properties of a fighter-type 
airplane model with a law-aspect-ratio unswept wing and tee- ta i l  lead t o  
the following  conclusions: 

1. The tramonic rise i n  &ag coefficient at zero lift f o r  the m o d e l  
w i t h  zero  horizontal-tail  inciderce is about 0.030. 

r 

2. Drooping the forward 1-5 percent of the wing 3 O  increases  the 
maximum lift-drag ra t io  about 1.3 percent e;t an assumed cruising Mach 
number of 0.87. The leading-edge droop reduces the t r h  l i f t  coefficient 
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by about 0.05 t o  0.15 throughout the Mach  number range  but has l i t t l e  
ef fec t  on the model s tab i l i ty .  

3. A t  high  angles of attack,  the model  becomes longitudinally  unsta- 
b l e  at Mach numbers from 0.80 t o  0.90.‘ A t  higher Mach numbers, the model 
experiences a reduction i n   s t a t i c   s t a b i l i t y  when very high  angles  of 
attack are reached. 

4. Addition of the auxiliary  horizontal t a i l  reduces the severity 
of the unstable break i n  the static pitching-nment curves which occurs 
et high angles of attack. 

5. Addition of the wing-tip f u e l  tanks  reduces the  m a x h u m  l i f t -drag 
r a t i o  by about 0.9 (8 percent) a t  a Mach  number of 0.80. This reduction 
diminishes t o  goout 0.13 (2 percent) at a Mach  number of 0.95. The tanks 
cause e. mall change i n   t h e  t r i m  l i f t  coefficient and have a s tab i l iz ing  
e f fec t  on the model at low  and moderate lift coefficients. 

6. The dive  flaps  loczted ahead of and beneath the wing are  35 per- 
cen t   to  65 percent more effective  in  increasing  the  drag t h m  the  f laps  
on the side of the  fuselege  direct14  behind the wfng. The forwmd  loca- 
t i on  of the flaps causes a smaller change in   the  trim l i f t  coefficient 
than the  location behind the wing. 

7. Calculations of the dynamic behavior of a full-scale  airplane 
indicate that a pitch-up  should  be  expected,  following  closely  the  unsta- 
ble break i n   t h e   s t a t i c  pitching-marrent curve.  Controllability  in  pitch 
is good at angles of attack below this break,  but a typical corrective 
control  applied  after the point of neut ra l   s tab i l i ty  hm been reached 
has l i t t l e  efzect  in  averting pitch-up. The period  md damping of the  
short-period  stick-fixed  oscillations were found t o  meet U. S. Air Force 
requirenents which state that the  airplane must damp t o  1/2 amplitude 
i n  1 cycle. 

Langley Aeronautical  Laboratory, 
National Advisory Committee fo r  Aeronautics, 

Langley Field, Va., November 8, 1954. 
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TABI;E 1 

TEST CONDITIOlii  

Figure 

5 
6 
6 
7 
8 
9 
10 
I1 
11 
12 
12 

13 and lk 
13 
14 

15 and 16 
15 
16 
17 
18 
18 
1-9 

Mach  number 
range 

0.80 to 1.06 
.80 to 1.06 
.80 to 1.09 
.80 to 1.06 
.80 t o  ~ o g  
.8o to 1.06 

-80 t o  1.09 
.80 to 1.00 
.80 to 1.06 
.80 to 1.06 
.8o to 1.06 

.80 to 1.06 

.80 t o  1.06 

.80 t o  1.06 
-80 to 1.06 
.80 to 1.06 
.80 to 1.06 

.8o to 1.06 

.8o to 1.06 

.8o to 1.06 

.80 to 1.06 

Angle-of-attsck 
range, deg 

0 t o  15.9 
-2.3 to 16.0 
-2.3 to 15.9 

0 t o  22.5 
-2.3 to 13.9 
-2.3 to 16.0 
-2.2 to 16.0 
-2.3 to 15.9 
-2.3 to 16.0 
-2.3 to 16.0 
-2.4 to 16.1 
-2.3 to  15.9 
-2.3 t o  11.3 
-2.5 to 11.2 

-2.3 to 11.3 
-2.4 t o  11.2 
-2.3 to 11.4 

0 t o  22.5 
o to 22.5 
o to 22.5 

-2.3 t o  15.9 
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Figure 1.- Sketches 
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Figure 2.- Photographs of the model mounted in the Langley 16-foot 
transonic tunnel. 
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(b) WNF%E2T configuration. 

Figure 2. - Continued. 
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( c )  WNEVH E D 60 configuration. 0 1 1  

Figure 2.- Continued. 



(a) WNFVH E D 60 configuration. 0 1 2  

Figure 2. - Continued. 
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(e) WNFVH+4HA configuration 

Figure 2.- Concluded. 
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Figure 3 . -  Longi.tudina1 distribution of cross-sectional area. Model 
with ducLs  opened and 80 percent of duct in le t  area removed from 
duct  entrance t o  end of . b a i l  pipe;  afterbody noL modified. 
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Figure 4 .- Variation of Reynolds  number based on wing mean  aerodynamic 
chord  over the Mach  number range covered by the tests. 
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Figure 5.- Liift ,  drag, and pitchfng-mment characteristics. 
WKF configuration. 
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Figure 6.- Lift,  drag,  and pitching-mment characteristics. WNJ?VHo 
and wFvEIo configurations. 
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Llft c o e f i c m t ,  CL 

Figure 7.- Lift,  drag, and pitching-moment  characteristics. 
wNFvII+4 configuration. 
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Figwe 8.- L i f t ,  drag, and pitching-moment  characteristics. 
WNFVHoE colll”igurat ion. 
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Mcdel argle of attack,= ,deg 

Lift  coefilclent, CL Lif l  coeff1c:ent , CL 

Figme 9.- Lift, drag, and pitching-moment  charecteristics. 
T~?~TVE+J+E~ configuration. 
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Figure 10.- Lif t ,  drag, m d  pitching-moment  characteristics. 
WNFWm8E2 conf'iguration. 
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Figme It..- Lift, drag, and pitching-nomen% ch.=racteristics. WNFVH#2 
arc WNFVH E T conTigurations. 0 2  
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Figure 12.- Lift, drag, and  pitching-mament  characteristics. wNFvE2 
and WNFVE2T conPigurations . 
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Figure 13.- Lift, drag, and pitching-mment characteristics. IlNFVEl 

and h 1 ~ 1 6 0  configurztions . 
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Figure 14.- Lift, drag, and pitching-moment  characteristics. WNFVEl 
and WNFVE D 60 configurations. 3 - 3  



NACA REI L54KL9a 4t 39 

O A D O O O ~  

M = O ~  os0 a95 a975 1 0 0  1.03 I 06 

Model a g l e  of at tack,a ,  deg 

4 

Lift coefficient, CL Llft aefiwent , CI. 

Figure 15.- Lift,  drag, and  pitching-moment  characteristics. WNFVHoE1 
and W N F K ~ , E ~ D ~ ~ O  configurations. 
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Figure 16.- Lift, drag, and pitching-moment  characteristics. WNFVHoEl 
and W N F V H ~ E ~ D ~ ~ O  configurations. 
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Figure 17.- Lift, drag, m d  pitching-moment.  characteristics. 
WNF"VX0ElD130 configuration. 
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Figure 18.- Lift, drag, and pitching-moment characteristics. WNFv 
and wNFvHA codigurat  ions. 
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Figure 19.- Lift, drag,  and pitching-mment characteristics. 
WNFVH+~HA configuration. 
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Figure 20.- Variation of mass-flow ratio with  angle of attack and Mach 
number for the high and low mass-flow configurations. 
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Figure 21.- Variation of base  pressure  coefficient with angle of attack 
and Mach number. WNFVHo configuration except where noted. 
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Figure 22.- Variation of drag coefficient  with  Mach number. -E2 con- 
figuration.  Data  corrected  for  effect of modified afterbody. 
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Figure 23.- Effect of drooped leading edge on maximum lift-drag ratio. 
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Figire  24. - Photographs of model shoving tufts and liquid-film flow. 
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Figme 24.- Concluded. 
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Figure 25.- Effect of tip  tanks on drag coefficient. Da-ba corrected for 
effect of modified afterbody. 
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Figure 26. - Effect of t i p  hnks on maxi-mum lift-drag  ratio. Data corrected 
for effect of modified afterbody. 
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Figure 27.- Effect of dive flaps on model drag coefficient at  zero li 
Data corrected  for effect of modified afterbody. 
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Figure 28.- Effect of angle  of  attack  and Mach m b e r  on tazl-effectiveness 
parameter I&. for the configuration WXE'VH32. Data not corrected  for 1-t 
effect of modified afterbody. 
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Figure 29.- EEect  of angle of attack  md Nach  number on effective down- 
wash angle. WNFvHE2 configcmtion. Data not corrected fo r  effect  of 
modified after-Cody. 
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Figure 30.- Effect of t i p  tanlis on chordwise center of normal load. Data 
not corrected fo r  effect of modified afterbody. 
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Figure 31. - Tir-e response t o  a csntimous  vwiation of tail input ol" 
-0.5 0 per second. Mach cumber, 0.90; alt i tude,  b0,OOO Teet. - 
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Figure 32.- Time resgonse t o  E cor-tinuous variation or" tail input of  
-2O per second and t o  a corrective tail input of 2' per second applied 
at CL = 12'. Mach number, 0.90; altitude, k0,OOO feet. 
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